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of gravity. This equation is used extensively in longitudinal stability calculations to 

follow. 

 0 = CY +
5[
F#
C\ +

5]
F#
C\^ +

3[
F#
C_ +

3]
F#
C`   (4) 

All forces are nondimensionalized by the dynamic pressure (q = b
L
ρvL)and planform 

area S, through the relation 𝐶f =
g
hi

, where X is a flight force. Because the induced 

longitudinal moment of the plane (M) is not a function of wing distance from the 

center of gravity, and is generally in the nose-down direction [5], the minimization 

of the moment coefficient is the most useful way to reduce required control surface 

deflection for level flight (trim). 

The S5020, a low Reynolds number self-stable airfoil, was determined to be 

the best airfoil due to its relatively small moment coefficient at low angles of attack 

(Figure 9). The minimization of the moment coefficient potentially eliminates wing 

twist and decreases manufacturing complexity and thus cost. All subsequent 

analysis will use the S5020 airfoil. 

2.3 Analytical Solution to Finite Wing Properties 
 
 To ensure that the wing sizing is correct for the client-specified speed, a 

simple lift curve approximation can be used. The calculated lift curve slope for the 

S5020 at a chord-averaged Reynolds number of 500,000 is 6.055 rad-1. Using the well-

known lift-curve slope equation 

 a = Tk
bl >m

nop
       (5) 
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where the subscript “o” refers to the 2D characteristics, the 3D lift characteristics 

can be estimated. For an estimated efficiency of 0.95 (a quantitative design goal to 

increase plane endurance) and an aspect ratio of 6, the lift curve slope is calculated 

to be 4.52 rad-1. 

The required lift coefficient can be calculated as  

 CA =
Lq
rstu

       (6) 

where S is simply determined by the aspect ratio and wing span of 72 inches (Table 

2). For a 25 kt flight speed, and estimating a 10 lbf total plane weight, the required α 

for flight at 10,000 ft is 10.9 degrees. Because of the high α, a portion of the 

preliminary design process should be devoted to reduction in the total required 

incidence angle. This is covered extensively in the drag minimization section of 

Chapter 3. 

2.3.1 Initial Sweep Angle Determination 
 
 Wing sweep is used in the low Reynolds number regime primarily to make 

the vehicle longitudinally stable in level flight. The initial plane sweep angle is 

determined by assuming that the plane aerodynamic center (AC) in the chord-wise 

direction can be found using a linear approximation 

 fvw
x
= 0.25 + |}

~}
      (7) 

For the S5020, the AC is located at 24% of the chord length aft of the airfoil leading 

edge. To satisfy general pitch stability criteria, the static margin must be placed 

between 0.1c# and 0.25c# fore of the plane neutral point. CG travel of ±7% is required 

by the FAA at 14 CFR §23.21(b). A nominal static margin of 0.18	c# meets both criteria. 
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To move the AC aft, and allow for a pusher configuration, a preliminary leading edge 

sweep angle of 30 degrees is chosen. The wing sweep angle for static stability is 

calculated in more detail in the preliminary design section in Chapter 3. 

2.3.2 Initial Wing Cross Section Determination 
 
 To ensure that the wing is able to withstand the loading at the root, a bending 

moment calculation can be performed with the assumptions illustrated Figure 5. 

Assuming the wing lift distribution is elliptical [12], the moment on the wing root is 

given by 

 M = �
�
π �J

L
�nF      (8.1) 

where F is the force applied to the wing and n is the FAA required structural load 

factor. Simplifying for a wing half-span with the wing carrying the total weight of 

the plane 

 M = �J<q
�

       (8.2) 

Applying this result to the bending stress equation 𝜎�� =
��
�

 where z is defined in 

Figure 3. 

 9:;
<
= �Jq(3=>?�3#)

�I
      (8.3) 

For a wing having a 10 lb total weight, an initial chord length of 19 in, and a flight 

speed of 25 kts, the required wing moment of inertia must be at least 0.0461 in4 if 

quasi-isotropic carbon fiber material properties from [16] are assumed. 

 To obtain this moment of inertia, three initial cross sections are explored in 

this thesis: a built-up wing consisting of carbon fiber spars, D-box, and ribs;  
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Figure 10. Built-up wing cross section for an S5020 wing 

a semi-monocoque wing consisting of stringers and formers to maintain the wing 

skin loading;  

 

Figure 11. Semi-monocoque wing cross-section for an S5020 and a foam-filled 
wing.  

 

Figure 12. Foam-filled wing cross section for an S5020 wing 

The primary difference between the cross sections in Figures 10 and 11 are the 

number of ribs or formers, and the size of the spar or stringer. The cross-sections 

are then evaluated against each other based on a simple weight ratio (oz/in), and 

potential manufacturing cost considerations. Due to the high weight of a foam-filled 

wing, as well as the cost associated with not reusing the foam in molding, this option 
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was not further explored. To reduce the total plane weight, the semi-monocoque 

wing is the best choice to analyze in further design steps. 

2.4 Initial Plane Design 
 
 The initial planform of the Project UAS can be seen in Figure 13. The design 

features a simple pusher configuration and nose section with an on-board camera 

for first person view (FPV). The vehicle meets all qualitative constraints of the design 

listed in Table 2, except the wing span. This was determined to be non-essential to 

the design by the client. 

 
     Figure 13. Preliminary plane design 

 Improvements to the design planform include total drag, total moment, and 

plane stability. The preliminary design process in Chapter 3 outlines the analytical 

solutions and specific design equations that led to a more refined design. 
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Chapter 3. Preliminary Design Calculations 
 

Given an initial design (Figure 13), this chapter outlines analytical and 

numerical analysis performed to decrease power consumption and total structural 

weight, and to increase static stability from the initial design iteration. The analysis 

in this chapter is presented in order of the plane design process presented in Section 

1.3. The primary analysis performed is the reduction of drag on the wings, and 

determination of the stability characteristics of the vehicle. The results from this 

analysis will determine the flight regimes for the vehicle and the load factors 

required for structural analysis. Analytical solutions from references [4], [5], and [6] 

are used for the primary flight mechanics analysis considered in this chapter. When 

necessary, geometry-specific numerical solutions are used, but are checked for 

feasibility by comparing to theory. 

3.1 Flight Mechanics and Aerodynamic Analysis 
 
 The flight mechanics in this section focus heavily on determination of flight 

forces, and wing drag reduction. These forces are then combined with stability 

equations to determine the control surface deflection necessary to achieve balance, 

or trim.  

3.1.1 Wing Drag Minimization 
 
 The endurance limit (total flight time) and vehicle maximum range depend 

heavily on the minimization of drag. To maximize the range, the total drag force 

must be minimized [6]. In this analysis, the drag force (Equation 9.1) is the objective 
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function that will be minimized locally based on geometric and flight parameters 

listed in Table 4. The drag equation is 

 D =	 b
L
ρ�u�L S(C�V + C��)      (9.1) 

where the drag coefficient is split into two components: lift-induced drag (Di), and 

zero-lift drag (Do). 

 For optimization, boundaries on the flight speed, altitude, and flow 

parameters are set by the region, client, and guidelines from Reference [6] (Table 

4). To reduce the total computation space, an Oswald efficiency factor goal of over 

0.95 is set. A proposed method in Reference [7] allows the estimation of a theoretical 

Oswald efficiency factor (e), using the equation  

eE��V =
b

bl�(����)_
      (10.1) 

where 

f(λ − Δλ) = 0.0524(λ − Δλ)� − 0.15(λ − Δλ)�+ 

0.1659(λ − Δλ)L − 0.0706(λ − Δλ) + 0.0119  (10.2) 

and 

Δλ = 0.375 + 0.45eM.M�¢£¤t¥      (10.3) 

Here ϕL£ is the wing quarter-chord sweep angle and λ is the taper ratio.  
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Figure 14. Effect of wing sweep and aspect ratio of a finite wing on theoretical 
Oswald efficiency 

To meet the efficiency goal of 0.95 or higher, the sweep angle must be under 

approximately 25 degrees. For simplicity, 20 degrees is chosen, and thus the taper 

ratio ranges are 0.65 to 1.0. All optimization constraints and fixed parameters are 

listed in Table 4. 

  Table 4. Drag minimization constraints on optimization space 

Variable Minimum Maximum Unit 

Re 100,000 1,500,000 -- 
A 6 10 -- 
λ 0.65 1 -- 
ϕL£ 20 deg 
ρ� 0.0023769 slug/ft3 

µ 3.82 x 10-7 lbf-s/ft2 
W 10 lbf 

0.5

0.55

0.6

0.65

0.7

0.75

0.8

0.85

0.9

0.95

1

0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1

Ef
fic

ie
nc

y 
Fa

ct
or

Taper Ratio

AR 6

AR 12 - 0 Deg

10 Deg Sweep

20 Deg Sweep

30 Deg Sweep



 26 

The boundaries on aspect ratio and taper ratio are the boundaries of concern 

in this analysis, creating a two-dimensional design space. To ensure that the vehicle 

stays within the low Reynolds number regime, a constraint on the Reynolds number 

is imposed. Because the vehicle is primarily used in the Gulf South region, the air 

properties are set at standard temperature sea-level. The weight of the plane is set 

at 10 lb in the conceptual design in Chapter 2. Aspect ratio ranges are set by 

convention from [6]. Using these boundaries, the wing geometry was determined 

using sequential least squares programming (SLSP) in SciPy. The embedded 

functions presented in Table 5 were used in addition to the objective function in the 

SLSP solution. Additionally, this allowed for all flow parameters and the wing 

geometry to be solved simultaneously. 

Table 5. Local drag minimization embedded functions 

Formula Definition Source 

𝐒 =
𝐛𝟐

𝐀  Wing Area from AR Phillips 

𝐂𝐋 =
𝟐𝐖

𝛒�𝐯𝐌𝐃𝟐 𝐒
 Required Lift Coefficient Derived 

𝐂𝐃𝐢 =
𝐂𝐋𝟐

𝛑𝐀𝐞 Induced Drag Phillips 

𝐯𝐌𝐃 = ¶
𝟒

𝛑𝐀𝐞𝐂𝐃𝐢
¸
𝟏
𝟒G
º
D𝐖 𝐒G H
𝛒  Minimum Drag Speed Phillips 

𝐜𝐫 =
𝐒

𝐛(𝟏 + 𝛌) Derived Root Chord Derived 

𝐜𝐭 = 𝛌𝐜𝐫 Tip Chord Phillips 

𝐑𝐞𝐦𝐢𝐧 =
𝛒�𝐯𝐌𝐃𝐜𝐭

𝛍  Reynolds Number Anderson 

𝐯𝐆 = 𝟑𝟑Å𝐖 𝐒G  Planform Area 14 CFR Part 23 



 27 

 Using the resultant geometry (λ = 0.811, A = 6.02), the zero-lift drag 

coefficient (CDo) is estimated as 0.01053. A summary of the solution geometry can 

be seen in Figure 15. 

 

    Figure 15. Basic planform geometry of Project UAS 

To ensure that the vehicle minimum drag speed is accurate, the vehicle 

minimum drag speed vMD is checked by calculating the zero-lift drag (Do) and the 

induced drag (Di). For the geometry shown in Figure 15, the minimum drag speed is 

to be approximately 52 fps at standard sea level conditions. 
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Figure 16. Drag buildup of zero-lift drag and induced drag for an 
intermediate design iteration 

Figure 16 shows the entire flight regime from the stall speed of approximately 35 fps 

to the maximum legal ground speed of 100 mph, as set by 14 CFR Part 107 [2]. The 

minimum drag speed at sea level is approximately 52 fps, therefore, the solution is 

performed correctly. For the maximum altitude defined through a combination of 

14 CFR Parts 23 and 107, 10,400 ft., the minimum drag speed is approximately 60 fps. 

 The solution to the wing geometry is the first step in the preliminary design 

process. In this thesis, this was performed using SLSP drag minimization. After this 

point, the vehicle must be balanced in the longitudinal plane. 
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3.1.2 Static Longitudinal Stability and Trim 

 Level flight of a plane is ensured by two parameters: balance (trim), and 

stability. Balance refers to the sum of total plane moments being zero about the 

center of gravity (Equation 11.1). Stability refers to the plane’s ability to return to the 

intended flight path upon perturbation (Equation 11.2).  

 𝑐| = 0       (11.1) 

 ÇxÈ
ÇÉ

< 0        (11.2) 

There are two flight modes that are of concern, powered flight and gliding flight. As 

per FAA FAR Part §23.175, a plane is required to be balanced in powered flight. This 

will be addressed in detail in Chapter 4; however, the focus of this section is to 

balance the plane in gliding flight, and establish methods to determine powered 

stability.  

 Equation 10.1 can be expanded using the body-centered forces in Figure 3 to 

obtain Equation 4. 

  0 = CY +
5[
F#
C\ +

5]
F#
C\^ +

3[
F#
C_ +

3]
F#
C`   (4) 

All terms with subscript “w” refer to the distance from the total vehicle CG to the 

wing, and all terms with subscript “p” refer to the distance from the total vehicle CG 

to the propeller center of rotation. The mean aerodynamic chord (c#) is used as the 

normalizing chord length in all balance equations.  

To adhere to 14 CFR Part §23.21(b), a travel of ±7% of c#, and referring to the 

general static margin guidelines for stability from [4], an initial static margin of 18% 
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yielded a location for the center of gravity 2.46 inches fore of the aerodynamic center 

line (Figure 17). 

 
         

        Figure 17. Swept cord of the aircraft 

The plane itself, however, is still unbalanced in level flight. Therefore, the 

required control surface deflection for trim should be determined. This is often done 

by expanding Equation 4 to include control surface deflection derivatives (delta 

derivatives).  

 The stability derivatives of primary concern in this chapter are the alpha 

derivatives (C5X)	and delta derivatives (C5Ë), or the pitch and control surface 

deflection angle derivatives respectively. xflr v6.32 was used to first rotate each 

airfoil section by a single degree at 80% of the chord (common practice for initial 
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control surface design), and the 2D characteristics for each airfoil were determined 

from a Reynolds number of 100,000 to 1,500,000, the ranges of Reynolds numbers 

seen in Table 4 as the analysis boundaries. The lift curves in Figure 18 were 

determined at Re=500,000 corresponding to the mean aerodynamic chord of the 

UAV at the minimum drag speed. 

 

Figure 18. 3D VLM lift slope curves for 𝛿= 0,1,2,3 

Comparing the curve to theory, the slopes of each curve are approximately the same, 

but the zero-lift angle of attack is shifted to be more negative, enumerated in Table 

5. 
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  Table 5. Delta derivative validation table 

Deflection [deg] αM [deg] CAX [deg-1] 

0 -0.73 0.0703 
1 -1.02 0.0704 
2 -1.37 0.0703 
3 -1.69 0.0706 

 

 Recalling the initial statement of the total plane longitudinal trim relation in 

Equation 4, the total tailless equation for balance reduces to 

 0 = CYÍ +
ÎÏ
F#
lÍ +

Îo
F#
zÍ     (4.1) 

due to the lack of force contributions from the powerplant. As a general guide, if the 

deflection required for trim allows for more than 5 degrees of elevon deflection 

before stall at 15 degrees, the gliding mode is considered stable. The contributions 

of the control surface deflection longitudinally can be expanded to the form using 

the correction from wind-centered coordinates to body-centered coordinates 

(Equations 1.1 – 1.2). 

Ò𝐶| = CYX(α − αV) + CYËδ + 

xÍ
c#
ÔDCAX(α − αV) + CAËδH cosα − C�X sin αÕ 

+ 3Ö
F#
ÔDCAX(α − αV) + CAËδH sin α + C�X cos αÕ   (4.2) 

which takes into account both normal and axial forces, as well as the control surface 

deflection. For a level flight condition, the α terms become constants and the level 

flight moment coefficient can be set to the left-hand side. Giving 

 ∑CY = CYV +
5Ö
F#
C\V +

3Ö
F#
C_V    (4.3) 
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where the subscript “o” refers to the initial flight conditions. Combining Equations 

4.1 and 4.3, the equation reduces to 

 CYV +
5Ö
F#
C\V +

3Ö
F#
C_V = CYËδ +

5Ö
F#
CAËδ   (4.4) 

For the given flight conditions and geometry, the gliding trim angle (the angle where 

both sides of Equation 4.4 are equal) is found to be 9.7 degrees.  

 Safe limits for the center of gravity can be determined based on the ability of 

the plane control surfaces to right the plane under reasonable flight conditions. 

Using Equation 4.4, the FAA requirement of ±7% travel of the center of gravity can 

be explored by changing xw. For a control surface deflection, δ, of 15 degrees, the 

corresponding maximum CG travel from nominal is 8.3% fore of the design CG. The 

CG travel limit in gliding flight, then, is met with no available aileron movement in 

gliding flight. A more physically realistic approach is necessary for performance 

estimation that includes the contributions of a propeller: the thrust and propeller 

normal force. This can be found in Chapter 4. 

3.1.3 Static Directional Stability Analysis 
 
 Tailless planes are often prone to directional instabilities. This is most often 

due to the fact that there is no vertical surface to allow for side forces to correct non-

nominal plane motions [5]. The restoring moment (N) is a component of the 

combined side forces (B) and moment arm from the planform CG to the point of 

application (Figure 3). For typical flight vehicles, the recommended restoring 

moment derivative range is between 0.06 and 0.15, corresponding to 1.05x10-3 and 

2.62x10-3 deg-1 respectively [6]. For a tailless plane; however, a restoring moment 
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coefficient of 3.33x10-4 deg-1 is the absolute minimum [5]. This is less than that 

suggested for a traditional planform because there is no restoring component of the 

tail. 

 To increase the vehicle’s ability to return to the original orientation, vertical 

surfaces are added. For a tailless plane, this can be done at the wingtips, at the 

fuselage, or some combination of the two. A representative case for each choice can 

be seen in Figure 19. 

 

Figure 19. Restoring moment for various planform configurations 

It is determined that winglets as well as yaw dampers at the fuselage should be 

added to allow for proper restoring moment under nominal conditions. A 

visualization of the wings and added vertical surfaces can be seen in Figure 20. 

-0.01

-0.008

-0.006

-0.004

-0.002

0

0.002

0.004

0.006

0.008

0.01

-10 -8 -6 -4 -2 0 2 4 6 8 10

Re
st

or
in

g 
M

om
en

t C
oe

ffi
ci

en
t [

-]

Yaw Angle [deg]

No Vertical
Surface
Winglets

Winglet and
Yaw Damper



 35 

 

             Figure 20. xflr visualization of Project UAS directional stability additions 

3.1.3 Flight Envelope Determination 
 
 To determine the load limits required by 14 CFR Part 23.333, equations 12.1 

and 12.2 should be evaluated and a flight envelope created. A flight envelope is a 

visual representation of the stall and structural load limits of the vehicle, and is used 

in structural analysis as flight limit loads, and stall points in flight mechanics. The 

determination of the flight envelope curve uses the stall equations 

 nYT5 =
Ø

Dq uG H
CAYT5      (12.1) 

 nY�< =
Ø

Dq uG H
CAY�<       (12.2) 

where the load limits nmax and nmin are set by 14 CFR Part §23.333 (Appendix B). The 

maximum and minimum lift coefficients are again estimated using the vortex lattice 

method in xflr v6.32. The limits of the coefficients are estimated as the angle of 

attack where the Kutta condition does not hold, corresponding in reality to flow 

separation about the finite wing. The left-most boundaries in Figure 21 correspond 

to these stall limits. The limit loads shown as the right-most boundaries correspond 
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to structural failure for a normal category plane defined by 14 CFR Part §23.333-

§23.335. The load factor is defined as the load force divided by the weight and is 

roughly comparable to the g-force on the planform. The maximum structural limit 

that the plane is required to endure for the stated vehicle life is defined as +3.8 times 

the level flight force on the planform.  

 
Figure 21. Estimated flight envelope at sea level and 10,000 ft 

From Figure 21, it can be seen that the stall region increases with an increase in 

altitude. The stall speed equation 

 vS = Å
Lq

rÙuÎÚ=>?
      (13) 
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shows that stall speed will increase with a decrease in density (a function of 

altitude). These load factors can then be applied to the wing-to-fuselage connection 

to design a sutible internal substructure. 

3.2 Structural Analysis 
 
 The most common structural failure modes are addressed in this section: 

maneuvering limit loading, and landing. These modes tend to have the highest 

stresses in fuselage. This section follows the load path from the fuselage frame 

outward to the wings.  

3.2.1 Fuselage Frame Design 
 
 To reduce the total skin deflection at the fuselage connection during loading, 

a rib section is connected to the fuselage frame. This configuration is analyzed as 

the limit loading applied directly to the frame. A full frame interior payload section 

can be seen in Figure 22. A worst-case analysis of one connection remaining in a 

maneuver is shown in Figure 23. 

 

Figure 22. Frame payload section with max stress component highlighted 
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Figure 23. Free body diagram of fuselage frame section with full half-lift load 
applied 

Assuming the bending stress and the compressive stress are additive, the general 

stress equation (Equation 3.1) becomes 

 9:;
<
= Û7

I
+ Ü

_Ý
       (14.1) 

where Ac is the frame tube cross-section. Referring to the free body diagram in 

Figure 23 

 9:;
<
= qÞ FVSß S�< ßàk	

LántDàk
â�àã

âHä
+ qS�< ß

L�Dàkt�àã
tH

    (14.2) 

and using commercially available unidirectional carbon fiber tubing from [17], with 

properties from [16], the safety factor is determined to be 3.88. This exceeds the 

safety factor of 1.5 required by 14 CFR 23.335.  

Bending analysis and strength analysis were performed to verify that the 

frame can support a landing load. D’Alembert’s principle can be used to find an 

equivalent load factor for dynamic frame design [19]. The recommended load factor 

of 2.6 is applied to the points seen in Figure 24. 

DETAIL A 
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Figure 24. Landing load locations on the payload fuselage section 

 It is assumed that the landing gear applies four equivalent loads onto the 

frame. A similar process to that used in Equation 14.2 applies a quarter-mass model 

to Equation 13.1. The equation can be expanded to the form 

 9:;
<
= qÞ FVSß S�< ßàk	

�ántDàk
â�àã

âHä
+ qS�< ß

��Dàkt�àã
tH

    (14.3) 

the maximum distance for the application of this landing load is 7.67 inches. Because 

the length of the payload section is less than twice this distance, the design 

inherently meets this loading criterion. At this point in the analysis, the structure of 

the wings themselves should be considered. 

3.2.2 Wing Stress Simplification 
 

The main loads on any wing are the lift, drag, and induced pitching moment. 

Lift can be shown to be a bending stress in the span-wise direction. The pitching 

nW
4G  

nW
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moment on a wing is a function of the moment coefficient and is applied in the 2D 

chord-wise plane. The drag on a plane wing is applied as a bending moment to the 

chord-wise direction. For this analysis, lift and drag are resolved to normal and axial 

forces seen in Figure 3.  

 VLM in xflr v6.32 was used to determine the span-wise lift distribution shown 

in Figure 25. A 6th order polynomial was curve fit to the lift load with an R2 value 

greater than 0.99. This polynomial was integrated using cantilever beam boundary 

conditions at the root, with no deflection or deflection angle, to determine the lift-

induced moment curve along the wing span. 

 
Figure 25. Lift and moment spanwise distribution for an intermediate design 
iteration 
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 Integrating the lift curve along the half-span, the total lift is determined to 

be 5.01 lb, compared to the 5.00 lb in theory. The net integrated moment on the 

wing is, then, 153 in-lb.  

The second stress on the wing is the drag-associated stress. This is 

determined, again, using VLM. From Figure 26, it can be seen that the force values 

are orders of magnitude less; however, the stresses are shown to demonstrate 

negligibility in future analysis. 

 
Figure 26. Drag spanwise distribution for an intermediate design iteration 

From an integration of the spanwise drag curve in Figure 26, the total drag is 

approximately 0.202 lb, and the point of application can be estimated to be 16.71 
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inches from the wing root. This corresponds to a moment of 3.37 in-lb. The stresses 

on the wing root are dependent on the wing cross section, as well as the spanwise 

force distribution. The stresses are calculated at the wing root using a moment of 

inertia tensor determined from SolidWorks 2017 as  

I�æ = ç
0.15 0.16 0.00
0.16 4.91 0.00
0.00 0.00 5.06

è in4 

The moment of inertia tensor refers to a 0.004” skin thickness at the wing 

root – the thinnest feasibly available carbon fiber fabric available from [19]. 

The pitching moment stress can be determined as  

 τ = `3=>?
ê

       (15.1) 

where the torque (T) on the wing is simply the induced pitching moment (M). The 

maximum distance is simplified in this chapter to b
L
Dt cG Hcà where cr is the root chord. 

This distance approximates the centroid distance at the maximum thickness. The 

polar moment of inertia (J) was determined in SolidWorks 2017 to be 5.06 in4. 

Applying these changes to the equation and using the pitching moment relation 

M = b
L
qCÛSc# [6], the equation becomes 

 τ = ØÎëuF#DE FG HFì
�ê

      (15.2) 

using the values from an intermediate design iteration, the calculated value of 

torsional stress is 1.61 psi. A summary of each of the stresses on the wing root is given 

in Table 6. 

 


