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Abstract 
 

To test shroud and blade cooling effectiveness, a closed loop, heated wind tunnel 

housing a film cooled rotating turbine cascade with prescribed blade and vane geometry 

surrounded by a fully cooled shroud with a leading edge gap were designed and 

assembled on Louisiana State University’s campus. Heat transfer coefficients and film 

cooling effectiveness results were computed using a 1-D semi-infinite solid conduction 

analysis of material temperatures obtained with liquid crystal thermography.   Proper 

analysis required a step change in air temperature; so a bypass loop provided 

mainstream air heating while maintaining the shroud and blades at ambient 

temperature.  Also, analysis required hollow tip film cooled turbine blades constructed of 

low thermal conductivity material, resulting in fabrication by 3-D plastic printing.   

An analytical stress model and finite element analysis validated plastic blade 

structural base design.  Static-structural and dynamic fatigue loading analyses 

determined rotor shaft size.  Heat transfer and pressure loss calculations verified the 

system’s required blade and shroud cooling characteristics.  Finally, velocity vector 

measurements at the nozzle guide vane leading edge and recorded pressures in a 

nozzle guide vane passageway upstream of the turbine cascade location validated 

incoming freestream flow properties for the design condition at which heat transfer 

measurements were recorded.   

A total pressure loss analysis for varying rotor speed and blowing ratio was 

conducted with the development of total pressure contours downstream of the exit guide 

vanes to understand losses in the nozzle-rotor passage. Loss structures were found at 

the tip and root of the exit guide vane, attributed to the shed vortex and tip leakage 



xii 
 

vortex developed from the rotor blade.  Total pressure loss decreased as blowing ratio 

increased due to energy added to the mainstream flow through the film cooling air.  

Rotor speed was varied from 55 to 655 RPM.  Total pressure losses were lowest at 55 

RPM, increased with increasing rotor speed past the 355 RPM design speed, and 

decreased as rotor speed approached 655 RPM. These results could be attributed to 

the introduction or extraction of shaft work in the rotating system along with 

aerodynamic losses associated with changes from the incidence angle design.
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Chapter 1: Introduction 
 

The word Turbomachinery comes from the third declension Latin noun Turbo, 

Turbinis which is defined as a whirlwind or tornado.  This is fitting due to the very fact 

that all turbomachines have a rotating set of blades that rotate or whirl as they interact 

with the fluid at hand.  A turbomachine is a device that either converts fluid energy into 

rotational shaft work or it takes an input of shaft power and converts that to fluid power.  

Of those turbomachines that convert shaft power into fluid energy: fans, compressors, 

and pumps are the most common.  These machines input energy into the fluid which 

increases the fluid velocity, thereby creating a rise in fluid total pressure. On the other 

hand, common turbomachines that convert fluid power into usable shaft power through 

fluid expansion include wind, hydraulic, or steam turbines. 

Applications for turbomachines date back to the Romans who used paddle 

wheels to grind grain, but it wasn’t until the late eighteenth century that John Barber 

patented a design using the thermodynamic gas turbine cycle.  In the nineteenth 

century, George Brayton developed the modern gas turbine cycle which bears his 

name.  The Brayton cycle consists of an adiabatic compression where work is imparted 

on the fluid followed by an isobaric heat addition usually in the form of combustion, 

followed by an adiabatic expansion where work is extracted from the fluid, and finally an 

isobaric heat rejection which is commonly completed by exhaust air being rejected to 

the environment.  Although Brayton is credited with the thermodynamic cycle design, it 

wasn’t until later that the first usable gas turbine that produced more power than it 

consumed was invented by AEgidius Elling.  Even after the concept of the gas turbine 

was widely accepted, it was not until the invention of the turbojet engine by Sir Frank 
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Whittle which we know today as the modern gas turbine, that these machines became 

practical for multiple uses. 

Modern gas turbines are used to power aircraft, marine vessels, and even 

military tanks because of their high power to weight ratio.  Gas turbines are also 

extensively used for power generation.  Louisiana State University has its own 20MW 

cogeneration gas turbine which provides auxiliary electricity and steam for the campus.  

Some of the largest gas turbines can output a power of more than 340MW.  Depending 

on its use, modern gas turbines consist of three or four major components: compressor, 

combustor, turbine, and nozzle.  Ambient air enters the compressor where energy, from 

the rotating shaft, is added to the air and the pressure increases before it reaches the 

combustor.  Here, fuel is added to the airstream and burned to increase the temperature 

of the air while the pressure remains nearly constant. The resulting high enthalpy air is 

then expanded through the turbine.  The turbine extracts energy from the flow and a 

portion of that power is used to run the compressor, and the remaining energy is either 

extracted through additional turbine stages, or it is used to create thrust via a nozzle as 

seen in Figure 1.   

  
Figure 1 - Simplified Turbine Schematic (http://bit.ly/1mMZ8Or) 

 

http://bit.ly/1mMZ8Or
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 Another name for the gas turbine cycle is the Brayton Cycle which can be seen 

diagrammatically in Figure 2 and in pressure-volume space and temperature-entropy 

space in Figure 3. In stage 1-2 of the ideal Brayton Cycle, ambient air is taken into the 

compressor where it is isentropically compressed. In stage 2-3, fuel is added to the 

compressed air and is burned isobarically.  The turbine stage, 3-4, consists of 

expanding the air through an isentropic process, and thus the cycle completes from 

stage 4 back to 1 with a constant pressure heat rejection. Through a First Law of 

Thermodynamics analysis, the thermal efficiency of the Ideal Brayton Cycle is detailed 

in the following equation [1]. 

𝜂 = 1 −
𝑇1

𝑇2
= 1 − (

𝑃1

𝑃2
)

𝛾−1

𝛾
      [Eq. 1] 

  As the pressure or temperature ratio of the compressor increases, the efficiency 

of the gas turbine increases.  Thus, as the combustor exit temperature limits are 

increased, the efficiency will increase. The temperature ratio is limited, however, by the 

material limits of the combustor and turbine components.  

 
Figure 2 - Brayton Cycle (http://bit.ly/1Ufp7ZX) 

 

http://bit.ly/1Ufp7ZX
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Figure 3 - Ideal Brayton Cycle (http://bit.ly/22yJCXs) 

 
In propulsion based gas turbines, engine performance is generally characterized 

by the specific thrust and the thrust specific fuel consumption (TSFC). The specific thrust 

is the thrust per unit mass flow of air, and the TSFC is the mass flow rate of fuel divided 

by thrust. It is desired to maximize specific thrust and minimize TSFC. Both performance 

characterizations can be related to the temperature at the combustor exit, turbine inlet. 

They are generally related by the following: 

𝑆𝑝𝑒𝑐𝑖𝑓𝑖𝑐 𝑇ℎ𝑟𝑢𝑠𝑡 =
𝜏

�̇�𝑎
∝ √𝑇𝑒  [Eq. 2] 

𝑇𝑆𝐹𝐶 =
�̇�𝑓

𝜏
∝ 1 √𝑇𝑒⁄    [Eq. 3] 

where 

𝜏 = 𝑡ℎ𝑟𝑢𝑠𝑡 (𝑁) 

�̇�𝑎 = 𝑚𝑎𝑠𝑠 𝑓𝑙𝑜𝑤 𝑟𝑎𝑡𝑒 𝑜𝑓 𝑎𝑖𝑟 (𝑘𝑔 𝑠⁄ ) 

�̇�𝑓 = 𝑚𝑎𝑠𝑠 𝑓𝑙𝑜𝑤 𝑟𝑎𝑡𝑒 𝑜𝑓 𝑓𝑢𝑒𝑙 (𝑘𝑔 𝑠⁄ ) 

𝑇𝑒 = 𝑡𝑒𝑚𝑝𝑒𝑟𝑎𝑡𝑢𝑟𝑒 𝑎𝑡 𝑡ℎ𝑒 𝑐𝑜𝑚𝑏𝑢𝑠𝑡𝑜𝑟 𝑒𝑥𝑖𝑡 (𝐾) 

 

The gas turbine thrust performance can be improved by an increase in combustor exit 

temperature [2]. Performance in land-based power generation turbines is similar in that it 

is also desired to increase this temperature. 

http://bit.ly/22yJCXs
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 Increasing combustor exit temperature creates a problem because the first stage 

of the turbine is directly downstream of the combustor. By increasing the temperature, the 

turbine blades are exposed to temperatures as high as 3000 °F, which are well above the 

melting point of the typical nickel alloy blade materials. The first stage nozzle guide vanes 

and blades have to be actively cooled along with the end walls.  

In order to avoid melting the turbine blades especially at the tip, where high thermal 

loading is seen, internal and external cooling strategies are applied.  These cooling 

strategies take cooler air from the compressor and supply that air to the turbine blades 

and endwall both internally through coolant passages, and externally through pin holes 

and slots.  This air creates a film barrier that separates the surfaces of the blade and end 

wall from the harsh, high temperatures of the main flow. 

 These cooling methods have been explored since the 1960s, and much research 

has been done in this field to improve turbine blade cooling. Many factors must be 

considered when designing such a cooling system. Some of these include: location, size, 

shape, number of holes, hole angle, and blowing ratio.  The blowing ratio is the ratio of 

the product of the density and velocity of the main flow to the coolant flow and is defined 

below where subscripts c and  represent coolant and free stream. The research is very 

beneficial since a slight increase in efficiency will allow for great savings in fuel costs over 

time along with added performance. 

𝐵𝑙𝑜𝑤𝑖𝑛𝑔 𝑅𝑎𝑡𝑖𝑜 = 𝑚 =
𝜌𝑐𝑢𝑐

𝜌∞𝑢∞
 [Eq. 4] 

where 

𝜌 = 𝑑𝑒𝑛𝑠𝑖𝑡𝑦 𝑜𝑓 𝑎𝑖𝑟 

𝑢 = 𝑣𝑒𝑙𝑜𝑐𝑖𝑡𝑦 𝑜𝑓 𝑎𝑖𝑟 
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With regard to increasing the efficiency of a gas turbine, aerodynamic losses also 

play an important role.  While being able to maintain higher combustor temperatures is 

key to increasing power output, aerodynamic losses from bypassing coolant air and 

secondary flow losses can nullify efficiency increases from enthalpy gains.  Generations 

of researchers have studied ways to reduce secondary flow structures through endwall 

contouring and film cooling strategies.  Blade and vane passage boundary layer growth 

contributes to these secondary flows which increase the turbulence of the bulk fluid 

motion thereby reducing lift created via the pressure gradient from the pressure side to 

the suction side of the blade which can be extracted as work.  This same pressure 

gradient causes the tip leakage vortex similar to the tip vortex seen on airplane wings.  

This vortex causes high heat transfer on the blade tip and shroud region in the tip gap of 

the turbine cascade.  Various tip structures have been studied over the years to impede 

the growth and development of the tip leakage vortex.  Some of these geometries 

include tip squealer cavities and more recently winglets.  In the current study, a 

squealer tip geometry is used along with pressure side, tip, and shroud coolant injection 

to abate the heat transfer caused by the tip leakage vortex.   

1.1 Outline of Thesis 

A literature review of the research performed on shroud and tip cooling in both 

rotational and stationary cascades will be presented in the following section.  This 

research delves into both experimental and computational analyses of gas turbine 

engines with film cooling, allowing one to gain a perspective and understanding of the 

flow structures and heat transfer mechanisms which drive turbine designers to create an 

effective cooling strategy to optimize blade performance.  The third section describes 
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the design of the experimental apparatus to examine film cooling including major 

components and their design.  All design calculations and decisions are provided as 

well as details of the current setup and instructions on how to operate the facility.  The 

final portion of this report focuses on the results of aerodynamic testing of the rotating 

turbine facility offering a validation of the experiment’s design.  
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Chapter 2 Literature Review 
 
2.1 Introduction 

The following is a summative assessment of various journal articles pertaining to 

heat transfer and fluid dynamics involving tip leakage flow on high pressure turbine 

blades.  Various experimental techniques have been used to study the flow and 

subsequent heat transfer of turbine blade tips.  Liquid crystal, infrared, and mass 

transfer are the most common experimental techniques.  These techniques are used to 

better understand the interactions between the leakage flow and the film coolant flow as 

well as to validate computational fluid dynamic codes.  Study of tip leakage flow and 

heat transfer is an important field in turbine blade design because it is at the tip where 

failure is most common.  This is due to impediments in internal cooling at the tip and 

high temperature gas flow over the tip caused by the pressure gradient.  

 In today’s high pressure turbines, failure most commonly occurs at the tip region.  

Due to increasing turbine inlet temperatures which improve thermal efficiency, the high 

pressure turbine is subject to high heat loads.  The tip region is exposed to higher gas 

temperature through leakage flow which occurs due to a pressure differential across the 

blade thickness.  The loss of life in the tip is due to these high temperatures, lack of 

adequate cooling, and rubbing on the outer casing or shroud.  A tip gap is necessary to 

allow for thermal expansion, but this comes at a cost.  It has been found that about one 

third of aerodynamic losses occur due to leakage flow at the tip.  It has proven difficult 

to cool the tip region of the blade because internal cooling has been rendered 

ineffective by the leakage flow. In today’s engines, film cooling holes are employed at 

the tip and on the pressure side near the tip to protect it from the adverse hot gas 



9 
 

leakage flow. Tip coolant holes are generally used at the sweet spot near the leading 

edge to reduce heat transfer coefficients [3].  Squealer rims are also used to help 

reduce the leakage flow by causing a pressure drop using a labyrinth seal [4]. Blowing 

ratio and tip gap clearance both have effects on the heat transfer and film cooling 

effectiveness of a particular coolant strategy.  The squealer rim geometry has an effect 

as well.  In recent years, additional studies covering the flow field and heat transfer at 

the tip have offered insight regarding techniques to increase cooling effectiveness and 

reduce aerodynamic losses.  The following section discusses experimental techniques 

currently employed to obtain heat transfer information in gas turbine research. Section 

2.3 explores various journal articles on studies involving different cooling strategies and 

their effect on heat transfer coefficients, film cooling effectiveness, and the flow field. 

2.2 Experimental Techniques in Tip Heat Transfer Research 

 Various experimental techniques have been developed to study heat transfer 

associated with turbine rotor blades.  The most prevalent techniques in literature are 

liquid crystal thermography, IR thermography, mass transfer thermography, and thin film 

heat flux gauge thermography.  Each method has its unique advantages and 

disadvantages for each testing case, and a summary of the theory behind each method 

and its application will be discussed. 

2.2.1 Liquid Crystal Thermography 

 Today, liquid crystal thermography is a time-tested measurement technique for 

heat transfer in research applications.  Liquid crystal has been used in research since 

the early 70’s and has evolved into a fast and efficient way to map heat transfer 

coefficients in aero-thermal research.  Thermochromic liquid crystals (TLCs) reflect 
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different colors based on their temperature.  “Liquid crystals are organic compounds 

derived from the esters of cholesterol” [3]. In order for the liquid crystals to change color 

at a particular temperature, their lattice structure changes and reflects only one 

wavelength of light, while the other wavelengths are transmitted.  The first study to use 

liquid crystal thermography was performed by Vennemann and Butefisch in 1973 for a 

high speed heat transfer experiment.  Since the dawn of liquid crystal thermography, 

continuing camera equipment and computer analysis improvements have aided in the 

speed at which tests can be performed and analyzed.  In ’92-’93, Camci et al. used 

color processing software to separate the hue, saturation, and intensity of a given 

image.  They found that the temperature was linearly related to the hue of the image, 

and thus were able to map out surface temperatures in two dimensions [3]. 

 Ekkad and Han [3] describe their method for setting up and running a liquid 

crystal test.  The equipment involved in their test is also involved in other similar tests 

pertaining to gas turbine research.  In order to capture the color of the liquid crystal at a 

given time, an RGB color camera was used.  A 24-bit frame grabber board was installed 

on the computer to capture the images that would be analyzed.  Software was written to 

output the time of the appearance of a specific color band for each pixel which will be 

used to determine heat transfer coefficients and other important parameters.   A test 

piece was painted black and subsequently, a thin layer of TLCs were painted over the 

surface.  A calibration was conducted to relate the colors to specific temperatures and 

relate changes in hue to changes in temperature.  Before the actual transient test 

begins, the background intensity of the color must be found.  If the surface is evenly lit, 

the intensity can be recorded as a basis for determining color change.  This initial 
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background intensity is important so that the image is clear and that the color change is 

not lost due to a saturation of white light or a deficiency in reflected light.  

 Different types of TLCs can be used for analysis involving heat transfer in gas 

turbines.  Narrow band liquid crystal has a transition temperature of about 1⁰C which 

results in an uncertainty of around 0.1⁰C.  This gives a relatively small uncertainty in 

heat transfer coefficients for a transient 1-D analysis.  Wide band liquid crystal can be 

used for cases where a step change is not possible.  This technique will give a 

temperature history over a longer period of time; and the transition temperature for this 

wide band liquid crystal is about 20⁰C,resulting in uncertainties in heat transfer 

coefficients of an order of magnitude higher than for narrow band [4]. 

 The analysis for finding heat transfer coefficients on a surface given a step 

change in temperature of the mainstream air is demonstrated below.  To find heat 

transfer coefficients, the 1-D semi-infinite assumption is used for this given experiment.  

Therefore, the test object must have a low thermal conductivity and diffusivity so that 

conduction can be approximated as flowing in only one direction normal from the 

surface.  The surface thickness is another important aspect of the 1-D assumption.  The 

thickness must be great enough so that heat will not be transferred from the surface 

through the testing object and into another convective fluid or conductive medium.  The 

wall temperature at a particular time (t) is found using the liquid crystal coating and 

camera setup.  The initial wall temperature and free stream air temperatures are also 

recorded.  The 1-D transient conduction equation is as follows along with its boundary 

conditions: 

𝑘
𝜕2𝑇

𝜕𝑥2
= 𝜌𝐶𝑝

𝜕𝑇

𝜕𝑡
   [Eq. 5] 
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With the boundary conditions: 
     At 𝑡 = 0, 𝑇 = 𝑇𝑖 

     At 𝑥 = 0, -𝑘
𝜕𝑇

𝜕𝑥
= ℎ(𝑇𝑤 − 𝑇𝑚) 

     As 𝑥 → ∞, 𝑇 = 𝑇𝑖 

 

Given the initial and boundary conditions seen above and the temperature history at the 

surface (x=0) that can be found through liquid crystal thermography, one can back out 

the heat transfer coefficients using the following equation. 

𝑇𝑤−𝑇𝑖

𝑇𝑚−𝑇𝑖
= 1 − exp (

ℎ2𝛼t

𝑘2 ) 𝑒𝑟𝑓𝑐 (
ℎ√𝛼𝑡

𝑘
)  [Eq. 6] 

The initial wall temperature (Ti) is recorded before the step change while the 

mainstream air temperature (Tm) is recorded continuously and can be assumed 

constant for the duration of the experiment.  The values of material conductivity and 

diffusivity are also input as constants, allowing for determination of the heat transfer 

coefficients [3]. 

In order for the 1D semi-infinite assumption to be valid, the test piece must have 

a low thermal conductivity and diffusivity.  In Kwak and Han’s experiment [5], they used 

a machined aluminum blade as a base for their heat transfer test blade.  The physical 

properties of aluminum helped to disperse the heat applied initially to the blade before 

the test was run.  A polycarbonate shell was placed over the aluminum base to maintain 

conduction from the blade root to the tip allowing for the 1D assumption to be valid for 

their analysis. In this test the blade and coolant were heated to the same temperature 

while the main stream air was left at room temperature (about 20 degrees Celsius less).  

They performed the HTC analysis utilizing a backwards regression technique to plot 

their findings.   
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 Most of the testing performed using liquid crystal thermography has been done in 

wind tunnels employing stationary cascades.  In these stationary cascades, a given flow 

entrance and exit velocity and angle are maintained.  In order to model the desired 

turbulence, a turbulence grid can be utilized.  This grid is generally custom made to 

offer the correct amount of turbulence that would be seen in engine type flow conditions.  

In order to test the turbulence values, a hot wire anemometer probe is used at various 

locations along the inlet flow.  These values are averaged to check that the turbulence 

coincides with the prescribed flow conditions.  The grid can be altered by moving bars 

closer together or further apart to adjust for the prescribed turbulence.  Many of these 

wind tunnels are outfitted with pressure taps throughout the test rig to ensure proper 

flow.  Often, test blades are fitted with pressure taps at various points on the span to 

check the flow and heat transfer results.  Wake conditions are sometimes prescribed 

where a wake generator is needed to simulate the nozzle guide vane wake.  Generally, 

a spinning disk outfitted with wooden dowels is adequate to create wakes seen at the 

entrance of a blade cascade.  In order to achieve the exit flow conditions, tailboards are 

used to direct the flow in the correct direction and to offer the correct pressure ratio [3]. 

2.2.2 Infrared Thermography 

 Infrared (IR) thermography is similar to liquid crystal thermography (LCT) in the 

analysis method.  Most testing is performed in a similar way to LCT using a step change 

in temperature of the incoming free stream air and the equations provided above.  The 

basis for IR thermography (IRT) is the same semi-infinite 1D assumption that LCT is 

based on. Given the temperature history of each pixel, one can back out the heat 

transfer coefficients.  An advantage of IRT is that only one test is needed in order to find 
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heat transfer coefficients and film cooling effectiveness. The adiabatic wall temperature 

which is needed for the film cooling effectiveness can be extrapolated from the 

temperature data in a single given experiment.  IR thermography can be used at just 

about any temperature ratio, whereas LCT can have a maximum temperature ratio of 

about 20◦ C.  Disadvantages associated with IRT are the high cost of an IR camera and 

a window with ideal transmissive properties for a camera’s particular wavelength [6]. 

In a blow down test performed by O’Dowd et al. [6] utilizing IRT, the free-stream 

temperature took 12 seconds to reach equilibrium resulting in a less than ideal 

temperature step change.  To account for this, a heat flux history must be reconstructed 

for each blade tip location (i.e. every pixel of the captured IR temperature image).  The 

following equation, relates the temperature history to the heat flux.  In this equation, tau 

is the sampling rate, m is the number of samples taken, and n is an integration variable. 

�̇�(𝑡) = (
2√𝜌𝑐𝑘

√𝜋𝜏
) ∑ [(𝑇𝑛−1 + 𝑇𝑛+1 − 2𝑇𝑛)(𝑚 − 𝑛)

1
2⁄ ]𝑚

𝑛=0  [Eq. 7] 

This heat flux reconstruction is a numerical approximation which gives a linear 

relationship between heat flux and wall temperature over the given time period.  This is 

a finite difference technique as seen in the equation above.  When plotted against each 

other, the adiabatic wall temperature can be extrapolated and the slope of the line is the 

heat transfer coefficient.  This method is used for each pixel to give a contour of the 

heat transfer coefficients and film cooling effectiveness.  

 In a similar test run by O’Dowd et al. [6], an Impulse Response method is used.  

This method is similar to the finite difference heat flux reconstruction in that it uses the 

temperature history of the test specimen, but differs from the finite difference technique 
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in that it uses known pairs of exact solutions to obtain an impulse response filter to 

convert temperature into heat flux using Fast Fourier Transforms. 

 One can obtain heat transfer coefficients using a steady state method where the 

heat equation is used with a constant, easily measurable heat flux.  In this method, a 

thin foil heater is used at the tip of a non-conductive blade to give a uniform heat flux.  

This heat flux is known for a given voltage, current and resistance. From this heat flux 

and subsequent wall temperate found after the system reached equilibrium, heat 

transfer coefficients can be found.  A second test is needed to find the adiabatic wall 

temperature and thus the film cooling effectiveness of the blade.  Disadvantages to this 

method are that conduction is incurred into the blade and is not constant for the total 

area of the blade. 

 A more detailed explanation of an IR test was given by Nasir et al. [7].  Their 

analysis is similar to that used in LCT in that the temperature is recorded at two 

separate times during the transient test to find the two unknowns – heat transfer 

coefficient (h) and the adiabatic wall temperature (Tf).  He solves the following 

equations simultaneously so that superposition integration becomes unnecessary, thus, 

simplifying the analysis. 

𝑇𝑤1−𝑇𝑖

𝑇𝑓−𝑇𝑖
= 1 − exp (

ℎ2𝛼𝑡1

𝑘2
) 𝑒𝑟𝑓𝑐 (

ℎ√𝛼(𝑡1)

𝑘
)  [Eq. 8] 

𝑇𝑤2−𝑇𝑖

𝑇𝑓−𝑇𝑖
= 1 − exp (

ℎ2𝛼𝑡2

𝑘2 ) 𝑒𝑟𝑓𝑐 (
ℎ√𝛼(𝑡2)

𝑘
)  [Eq. 9] 

𝜂 =
𝑇𝑚−𝑇𝑓

𝑇𝑚−𝑇𝑐
  [Eq. 10] 

In this particular experiment, the heat transfer blade is heated to a uniform temperature 

using a cartridge heater for 2 hours.  The film coolant air is bypassed until the 
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experiment begins.  The wall temperature is recorded using an IR camera and the 

mainstream and coolant temperatures are measured using thermocouples.  The blade 

is cooled during the test so that the mainstream air is cooler than the blade and film 

coolant air. 

2.2.3 Mass Transfer (Naphthalene Sublimation) Technique 

 The use of Napthalene sublimation has been well documented in heat transfer 

research. This technique offers advantages in that heat/mass transfer is due only to 

convection while both conduction and radiative heat transfer are ignored.  The 

conduction and radiation effects skew the results of other tests and are not present in 

mass transfer analysis.  Heat transfer can be described by mass transfer in relating the 

Nusselt and Schmidt numbers.  

ℎ𝑚 =
�̇�

𝜌𝑣,𝑤−𝜌𝑣,∞
=

�̇�

𝜌𝑣,𝑤
  [Eq. 11] 

Since 𝜌𝑣,∞ = 0 

Where �̇� = 𝜌𝑠
𝛿𝑦

𝛿𝜏
 

ρv is the vapor density of naphthalene and the mass removal rate is the density 

multiplied by the thickness lost over test duration time.  This approach makes the 

mathematical analysis simple, but has drawbacks in that it is difficult to measure the 

amount of naphthalene removed.  Also, when naphthalene is removed, the blade shape 

changes which could change the flow structures around the wall [8].  

In a study presented by Srinivasan et al. [8], the tip gap changes at up to 4.6% of 

the nominal tip gap due to naphthalene sublimation and removal.  In order to obtain 

accurate measurements of the thickness of naphthalene lost, a linear variable 
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differential transformer (LVDT) was used.  Cho et al. [9] describe their method for 

finding the density of the naphthalene vapor in the following equation.   

𝜌𝑣,𝑤 =
𝑃𝑛𝑎𝑝ℎ

𝑅𝑛𝑎𝑝ℎ𝑇𝑤
  [Eq. 12] 

This equation uses the ideal gas law for the naphthalene vapor at the temperature that 

the test is run.  Cho relates the Nusselt number to the Sherwood number using a 

correlation for turbulent flow.   

The aforementioned heat transfer testing techniques were all considered in the 

design of the rotating turbine cascade. It was concluded that liquid crystal thermography 

would be the most feasible method to use, given the budget and design of the facility. In 

order to gain a better understanding of turbine blade tip heat transfer and cooling 

techniques, a study of previous research was done for comparison.  

2.3 Turbine Blade Tip Heat Transfer (Uncooled Blade Tips) 

 Heat transfer results have been collected and summarized in the following 

section for various tip geometries without film cooling. The geometries considered were: 

flat tip, full squealer rim, cut-back squealer rim, pressure side squealer, SS squealer, 

camber line squealer, or a combination of these types.   

2.3.1 Effects of Tip Geometry on Heat Transfer 

 Newton et al. [10], studied heat transfer on a flat tip turbine blade with and 

without cooling. For the no coolant case, a region of high heat transfer occurred on the 

tip in a line parallel to the pressure side of the blade. This region of high heat transfer 

was due to the leakage flow separating over the pressure side and reattaching on the 

tip. They also note that the heat transfer on the blade tip is higher than any other portion 

of the blade, including the stagnation region. Christophel et al. [11] observed a similar 
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line of high heat transfer near the pressure side of the blade, but they also found a 

region of lower heat transfer near the leading edge where the pressure gradient is 

lower, resulting in a lower tip leakage mass flow. 

Kwak et al. [12] found that for a squealer rim along the camber line, heat transfer 

is highest near the suction side of the tip.  The flow separates over the squealer and 

reattaches at the suction side creating a localized region of high heat transfer. Similarly, 

Azad et al. [13] observed a region near the suction side tip where heat transfer was 

highest, but also determined that the pressure side had lower overall heat transfer 

coefficients.  However, Saxena and Ekkad [14] found a “bifurcation” in the heat transfer 

coefficients with a more even distribution on the pressure and suction side.  

Azad et al. [13] found that the pressure side squealer caused the highest tip heat 

transfer coefficients of all the test cases. For the same tip geometry, Kwak et al. [12] 

found that the flow reattaches and forms a vortex near the leading edge of the blade at 

about 20% of the chord.  The suction side squealer was found to have the lowest heat 

transfer coefficients for each tip gap clearance in each of the aforementioned studies.  A 

small amount of flow circulates at the base of the suction side causing slightly higher 

heat transfer coefficients.  With a full squealer tip, heat transfer coefficients are lower 

than that of the flat tip case.  A portion near the leading edge, as seen on the pressure 

side squealer, has a region of high heat transfer coefficients.  This is due to leakage 

flow becoming trapped and circulating within the cavity at this point. Similarly, for the full 

squealer case, higher heat transfer coefficients were found by Azad et al. at the trailing 

edge where the leakage flow is trapped and turbulence is increased. They determined 
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that a cutback squealer could mitigate this issue allowing the leakage flow to exit the tip 

cavity. 

Another case studied was a combination of pressure side and camber line 

squealers.  Both Kwak et al. [12] and Azad et al. [13] found that this case performed 

better than the flat plate, but still had hot spots caused by reattachment near the suction 

side and in the cavity between the two squealer rims. The final case studied was a 

combination of suction side and camber line squealers.  This set-up performed like the 

suction side squealer, but had higher heat transfer coefficients in the cavity formed 

between the two squealer rims. All of the cases studied showed lower overall heat 

transfer than the flat blade tip, resulted in the movement of the region of high heat 

transfer coefficients from near the pressure side of the blade to another region, and 

displayed a slight increase in heat transfer coefficients as the tip gap increased. 

In shroud testing, Kwak et al. [12] found that the heat transfer coefficients are 

much higher for the flat blade tip than for a tip with a squealer.  For the flat tip, a place of 

high heat transfer coefficients is seen along the pressure side where leakage flow 

impinges on the shroud. This is caused by the higher flow rate of leakage air which 

flows over the flat tip with no obstruction to cause a pressure drop and impede the 

passage flow.  The tip leakage vortex causes a region of high heat transfer coefficients 

near the suction side traveling downstream for all cases.  This vortex becomes more 

and more prevalent as the tip gap is increased and causes high heat transfer in its path. 

All blade tip geometries tested revealed higher heat transfer coefficients as the tip gap 

is increased. Additional discussion of shroud heat transfer can be found in section 2.4.  
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2.3.2 Effects of Endwall Motion on Tip Heat Transfer 

 In order to study the effects of end wall motion on tip heat transfer, Srinivasan et 

al. [15] constructed a wind tunnel with a stationary cascade and a moving end wall.  In 

order to achieve a moving end wall, they constructed a conveyor belt system to simulate 

the relative motion of the blades passing by the shroud or sheathing.  In a similar study, 

Palafox et al. [16] took measurements in a wind tunnel with a stationary cascade of 

blades with spans of 1 meter and a conveyor belt moving endwall. These studies can be 

reasonably compared to a rotating rig as they mimic the relative motion of the rotating 

blades past the shroud surface. 

Srinivasan et al. [15] define the engineering equivalent speed (EES) as the belt 

velocity divided by twice the mainstream flow.  This EES is the basis for a correlation 

between the results with end wall motion and a stationary end wall. Palafox et al. [16] 

performed their experiments using the design velocity triangle speed for their endwall 

belt setup. 

Both studies revealed an area toward the leading edge of the blade with 

relatively lower Sherwood and Nusselt numbers; this corresponds to the ‘sweet spot’ 

where the tip usually has lower heat transfer due to low-pressure gradients driving the 

tip flow in this region. Near the pressure side edge, separation and reattachment of the 

flow causes a narrow region of high mass/heat transfer. The reattachment vortex 

impinges on this region causing higher heat transfer due to the greater pressure 

differentials, and presumably, greater leakage velocities at these locations. 

 Srinivasan et al. [15] found, at the mid chord region, a reduction of 9% from the 

stationary case of heat/mass transfer for a small tip gap clearance of 0.6% of the chord 
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length.  This reduction is most likely due to the leakage vortex moving closer to the 

suction side of the blade caused by the motion of the endwall. Similarly, Palafox et al. 

[16] found a reduction of 13.3% in overall nusselt number for a flat tip case run with a tip 

gap of 0.56% of the chord length and a moving endwall. Both higher Sherwood and 

Nusselt numbers were discovered on the trailing edge of the blade, seemingly due to 

the fact that the leakage vortex is extended down the blade due to the motion of the end 

wall. Through PIV velocity measurements, Palafox et al. determined that the separation 

bubble is reduced in size at the midchord of the blade tip and causes lower heat transfer 

coefficients near the pressure side of the blade. 

For a larger tip gap clearance of 0.86%, Srinivasan et al. [15] found that nearly 

no decrease in heat/mass transfer was evident.  They posit that this is most likely due to 

the fact that the flow is driven by pressure gradients and is less affected by viscous 

effects coming from the relative motion of the end wall running over the blade. However, 

Palafox et al. [16] found a reduction of overall Nusselt number to be 12.45% similar to 

the 0.56% tip gap case.    

2.3.3 Transonic Turbine Blade Tip Heat Transfer  

 In this study, Zhang et al. [17] compare CFD results with experimental results 

using the Oxford High Speed Linear Cascade Research Facility.  In this experimental 

setup, a blow down type facility provides high pressure air from a compressor which is 

pumped into an inlet settling plenum.  Air is controlled with a valve which can adjust the 

Reynolds and Mach numbers independently.  Once the air passes through the plenum, 

it flows through a 100 kW mesh heater where the air is abruptly heated to 25 degrees 

Celsius above the ambient temperature.  This air then passes through a 5 blade 
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cascade.  The center three blades are provisioned to allow adjustment of the tip gap 

clearances.  The air is controlled by a PID controller which adjusts the control valve to 

keep the flow conditions constant for the duration of the 1D transient test.  The heat 

transfer blades were fabricated using a 3D printer and made from a low thermal 

conductivity epoxy resin to keep the 1D semi-infinite assumption valid.  IR 

thermography was used to obtain a temperature history of the test and Nusselt numbers 

were calculated to be compared to the CFD.  A thermocouple was placed on the tip of 

the blade to allow for calibration of the IR camera through the Zinc-Selenide window.   

In addition, pressure measurements were taken at mid-span and at 95% of the span to 

find local Mach numbers and compare them to the computed results. The Rolls Royce 

HYDRA suite, used for the computational study, has a core of a “preconditioned Runge-

Kutta solver of the discrete Euler or Reynolds-Averaged Navier Stokes equations.  A 

Spalart-Allmaras turbulence model is implemented” [17]. The computational domain 

was one blade with a periodic boundary condition.  ICEM software was used to import 

the physical geometry and apply the mesh given the tip gap.  The results were proven 

to be grid-independent by the fact that values did not change as the grid was made 

denser. The experimental results show that as the tip gap is decreased, the Nusselt 

number also decreases due to the reduction in mass flow.  As observed on most blade 

geometries, a region of high Nusselt numbers was seen on the leading edge of the 

blade.  A hot spot forms on the trailing edge of the blade which has been well 

documented in literature as well.  The Nusselt numbers predicted by the CFD were in 

good agreement with the experimental results.  Both locally and over the entire blade, 

the magnitude and contour match up well.  As can be seen in the CFD results and 
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reported by Zhang et al. [17], multiple heat strips are present on the blade tip due to 

shock wave reflections.  In this region, the rapid acceleration and subsequent 

deceleration causes a high amount of heat transfer to occur locally.  In the region of 

supersonic flow, heat flux is caused by enhanced turbulence production and dissipation 

rather than viscous shear effects.   

 Jackson et al. [18] found similar results when performing experiments in a 

transonic rotating test rig with engine representative Mach and Reynolds numbers. A 

rotating test rig was placed in the isentropic light piston tunnel offering isentropically 

compressed air for 200 ms.   Heat transfer measurements were taken using thin film 

thermometers coupled to a slip ring on the shaft.  A CFD analysis was also performed 

using a Reynolds-Averaged Navier Stokes (RANS) solver.  Good agreement between 

the experimental results and the CFD were shown along the camberline and at a line 

30% of the tip width offset.  The study showed a region of high heat transfer near the 

pressure side edge corresponding to the reattachment of the separation bubble. The 

results also showed that heat transfer is higher in the subsonic zone of the blade tip as 

opposed to the sonic region.  The author attributes the higher heat transfer in the sonic 

zone to an induction of turbulence in the lower Mach number region where the 

separation bubble exists.  

Zhang et al. [17] determined that for all tip gaps, flow is subsonic at the leading 

edge, and flow becomes supersonic at 30-40% of the chord.  The magnitude of the 

Mach number decreases as tip gap is decreased due to a reduction in mass flow rate of 

the leakage flow.  The abrupt transition of supersonic flow is evidence of a shock wave 

within the tip gap region.   These waves become less evident when the tip gap is 
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reduced to 0.5% of the chord length. Jackson et al. [18] also found that the Mach 

number decreased with a decreasing tip gap and thus the heat load increased with a 

decrease in tip gap clearance. They attribute this to the shear effects of the casing on 

the blade tip. 

2.4 Turbine Blade Tip Heat Transfer (With Cooling) 

 In the previous section, it was shown that a full squealer rim offered lower tip 

heat transfer coefficients without film cooling when compared to partial squealer rims. 

Film cooling has been shown to inhibit heat transfer especially at the tip, and various 

studies explore its effects coupled with different squealer tip geometries.  

2.4.1 Turbine Blade Tip Film Cooling 

Testing performed by Nasir et al. [7] on a GE-E3 blade was conducted in a 

stationary cascade to explore the effects of tip geometry coupled with film cooling.  Two 

studies were conducted, one with a flat tip and the other with a recessed tip, similar to 

that of a full squealer rim.  It was found that, for the flat tip, as the blowing ratio (BR) 

was increased from 1 to 2, heat transfer decreased in the tip region; however the heat 

transfer increased as the blowing ratio was increased from 2 to 3 due to lift off incurred 

in the coolant flow which reduced its effectiveness. 

Newton et al. [10] performed experiments on a flat tip blade with and without 

coolant injection to compare their results. They found that introducing coolant inside the 

separation bubble caused a net heat flux reduction of 37%. This was more effective 

than the case of coolant introduction at the location of the bubble’s reattachment. 

Interestingly, regions of increased heat transfer were found near the injection sites 
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where the local leakage flow velocity was increased, but a reduction in overall heat 

transfer was found.  

In order to compare results to a baseline experiment, Kwak and Han [5] 

performed a no-coolant case. On the no cooling case for a flat tip blade, a region of low 

heat transfer coefficients is seen near the trailing edge.  This is referred to as the sweet 

spot.  In this region, there is little pressure differential to drive a leakage flow, resulting 

in minimal heat transfer.  They posit that the wider cavity near the leading edge allows 

the hot leakage flow to reattach and enter the cavity, whereas the narrower passage 

near the trailing edge keeps the leakage flow from entering the cavity and it passes over 

the suction side.  

Nasir et al. [7] attribute the high heat transfer coefficients seen on the pressure 

side from the middle to the trailing edge, to the pressure side entrance vortex which 

impinges flow on this region.  In the case of coolant injection, a horseshoe vortex is 

created which drives the coolant flow from the pressure side of the leading edge to the 

suction side of the trailing edge.  This horseshoe vortex was due to an acceleration in 

the flow caused by the coolant air blocking a portion of the leakage flow.  For the 

recessed tip, a more even distribution of higher heat transfer coefficients is seen near 

the leading edge as opposed to the trailing edge.  This effect is beneficial to turbine 

blade designers because the thicker portion of the leading edge can better handle the 

increased stresses caused by the higher heat load. For the recessed tip, a higher film 

cooling effectiveness is evidenced at a BR of 1 over most of the blade tip compared to 

that of the flat tip.  Coolant air is trapped and mixes with the leakage flow in this region 

causing higher film cooling effectiveness.  Similar to the flat tip case, a BR of 2 was 



26 
 

shown to offer the optimum film cooling effectiveness for the recessed blade tip with 

coverage over 50% of the tip 

In a study performed by Acharya et al. [19], a highly loaded turbine blade with a 

cut-back squealer rim was analyzed.  This study is significant in that it gives results for 

blade tip cooling in a stationary cascade for the same blade geometry studied in the 

rotating turbine cascade at the Tier Center described in this paper. Two blade coolant 

holes were located on the leading edge of the tip at a direction normal to the tip surface 

and 6 pressure side tip coolant holes were angled downstream to comprise the coolant 

strategy.  

Similar to the study by Nasir et al. [7], lift off was seen at a BR of 2.9.  At a BR of 

1.0, film cooling effectiveness was found to be high adjacent to the holes and toward the 

trailing edge.   For the given blade geometry, high heat transfer coefficients were found 

near the leading edge due to impingement of the leakage flow and the resulting leakage 

flow vortex.  These same contours were also seen in the numerical simulation 

conducted.  Low heat transfer was found near the pressure side moving down to the 

trailing edge which is most likely due to the fact that the leakage flow is separated in this 

region and does not reattach until closer to the suction side.  At the trailing edge, the 

leakage flow does not reattach on the tip resulting in low heat transfer in this region. For 

a blowing ratio of 1.2, the lowest HTC’s are seen.  The highest HTC’s on the contour 

map occur at the leading edge due to this impingement region.  As the blowing ratio is 

increased to 4, lift-off of the coolant jet is seen and this detrimentally affects the HTC’s 

at the leading edge where the tip leakage vortex becomes disturbed.  In the study 

performed by Acharya et al. [19], lift off was seen at a BR of 2.9; and at a BR of 1.0, film 
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cooling effectiveness was found to be high adjacent to the holes and toward the trailing 

edge. 

Film cooling effectiveness was also mapped in this study.  The highest regions of 

film cooling effectiveness were seen adjacent to the tip coolant holes for a BR of 1.2.  

As the BR increased to 4 higher film cooling effectiveness values were found.  This 

could be due to increased mixing between the coolant and leakage flows.  Also, as the 

pressure side holes incurred increased flow rates, the coolant air would spill over into 

the squealer cavity causing mixing.  This effect can be seen as the contour offers high 

film cooling effectiveness values along the chord.   

 Given that the turbine blade of interest at the Tier Center employs a cutback 

squealer rim, experiments conducted by Mhetras et al. [20] on a similar blade using 

pressure sensitive paint were of interest.  The experimental set-up for this test rig uses 

pressure sensitive paint to obtain a correlation for film cooling effectiveness.  “Pressure 

Sensitive Paint is a photo-luminescent material that emits light at an inversely 

proportional rate of the partial oxygen pressure” [20].  A CCD camera is used to 

measure the light intensity at each pixel and an intensity ratio can be formed from a 

datum at no flow conditions.  In order to find film cooling effectiveness, air and nitrogen 

were used alternately as coolant and main flow.  Nitrogen has a similar chemical 

makeup to air, but the nitrogen will lift the oxygen from the surface.  Film cooling 

effectiveness can be found as a ratio of the concentration of oxygen in the air and 

coolant mixture to the concentration of nitrogen in the mainstream air. The author states 

that film cooling effectiveness is higher for the cutback squealer design than it is for a 

full squealer rim at all blowing ratios.  At a BR of 1, increased coverage was seen near 
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the trailing edge of the tip due to the flow of coolant air escaping through the cutback 

region and accelerating in the narrow passage.  The coolant jets all flow in the direction 

of the main stream air because the mainstream air has sufficient momentum to deflect 

the coolant.  The two leading edge holes’ coolant flows toward the suction side and 

pressure side rims.  This could be due to the leakage flow separating and reattaching at 

the leading edge which has been documented in other papers. 

 Higher film cooling effectiveness can be seen at a BR of 1 than for higher BRs at 

the same depth of 4.6% of the blade span.  This is due to the fact that the jet’s 

momentum is low enough to allow it to spread out from the fan shaped compound angle 

holes.  For all blowing ratios, film cooling effectiveness is low near the leading edge 

holes due to the higher pressure seen there.  It can be observed that at a BR of 0.5, 

almost no coolant air is ejected through the leading edge holes and that air exits 

through the tip increasing effectiveness in the cavity.   

 For the cavity with 2.1% depth, similar film cooling effectiveness can be seen to 

that of the blade tip with 4.2% depth.  A major difference is that the film cooling 

effectiveness is higher toward the leading edge, and the coolant jets at the leading edge 

follow the main stream flow path as opposed to being pushed outward by the leakage 

vortex.  This is most likely due to the fact that the recirculation vortex cannot form due to 

the lower wall heights.  A disadvantage of the shallower squealer cavity is that the 

recirculation vortex seems to be compressed and has a higher velocity which affects the 

trailing edge.  This effect could be detrimental to a turbine blade where it would cause a 

high heat load on the trailing edge where the blade is thinner and more susceptible to 

failure.  
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Wang et al. [21] explored the mixing flow features through particle image 

velocimetry and computational fluid dynamics.  This study’s goal was to validate 

numerical techniques and offer insight into the mixing of coolant flow with the leakage 

flow over the tip of a turbine blade because this mixing significantly affects the cooling 

effectiveness. 

 This experiment was performed on a linear cascade with one test blade or two 

passages.  The tunnel offers a periodic boundary condition in the pitch direction.  A 

turbulence generator was placed 10cm upstream of the test section and had a 65% 

porosity.  The blade was manufactured from stainless steel in a CNC mill and was 

placed on top of an adjustable platform into which coolant air was pumped through.  

The depth of the squealer rim was 2.5mm on the pressure side and 4.5mm on the 

suction site with a cutback portion on the trailing edge.   

 The tip leakage flow was studied using a two laser source PIV system.  The 

particles infused had a diameter of 10 micrometers and had a density which closely 

coincided with the density of air.   This two laser array offered measurements of the flow 

field in two dimensions which could define the flow or vortex field. 

 The CFD simulations were performed with CFX 11.0 and the “Navier-Stokes 

equations were solved using the finite volume method.”  A hybrid mesh was created 

with ICEM software with discretized regions at the tip grove and film cooling holes.  The 

numerical calculations were given a periodic boundary condition to match the 

experimental set up. 

 To find the original leakage flow field, all of the coolant holes were plugged.  The 

PIV system employed four laser sheets to obtain a velocity profile at those locations on 
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Figure 74 - Axial Velocity Showing the Nozzle Guide Vane (m/s) 

 
 

                 
Figure 75 - Velocity Vectors Colored by the Magnitude (m/s) 
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The above figures show the flow accelerating near the suction side of the blade 

where the contour of the airfoil reduces the local cross sectional area; likewise, the air 

decelerates near the pressure side, where the cross sectional area is restored, causing 

an increase in static pressure. The nozzle guide vanes are used to accelerate and direct 

the flow, but their contoured shape optimizes the flow and reduces form drag in the 

mainstream flow. The mainstream and axial velocity contours show the impingement 

region where the flow dead heads on the leading edge of the airfoil. A 3D iges file was 

imported into the contour and vector plots to show the location of the measurement grid 

and offer insight into the location of the corresponding increased and decreased 

velocities.  

4.3 Kiel Probe Total Pressure Analysis 

Once the incoming flow was analyzed, the flow leaving the exit guide vanes was 

explored.  Given the turbulent nature of the flow, measurements using the 5-hole probe 

resulted in various points falling off the calibration curve in both the pitch and yaw 

directions. Thus, the total pressure was observed using a kiel probe, shown in Figure 

76, which is relatively insensitive to pitch and yaw variations.  The kiel probe chosen for 

this application was the United Sensor KCC-12-F-8-C probe with a pitch range of ±49⁰ 

and a yaw range of ±54⁰. This probe offered the smallest probe head with the lowest 

sensitivity to pitch and yaw variation. 

Kiel probe measurements were taken downstream of the exit guide vanes in a 

similar way that the 5-hole probe measurements were taken. A similar grid of 231 points 

was taken to create a total pressure contour to observe the flow characteristics at the 

exit of the one and half stages of the rotating turbine cascade. 
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Figure 76 - Kiel Probe Drawing (United Sensor Inc.) 

 
Of particular interest was locating loss structures developed in the flow from the 

introduction of coolant air and the relative motion of the rotor.  Various blowing ratios 

tests at the design rotor speed were performed to analyze the total pressure loss; then, 

various rotor speed tests at a constant blowing ratio were conducted to determine the 

effects of rotor speed on pressure loss. 

   A total pressure contour was created for two blowing ratios to explore the 

differences in the flow properties due to the introduction of coolant air at the shroud.  A 

detailed description of the shroud cooling holes was given in the experimental 

apparatus portion of this report. The total pressure is normalized with the dynamic head 

to create the pressure coefficient, Cp. Figures 77 and 78 display a consistent location of 

the shed vortex located at the casing on the suction side of the exit guide vane. This 

region of low total pressure is consistent regardless of the presence of coolant air. 

Gaetani et al [38] show a similar shed vortex on the suction side near the casing as well 
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as the tip leakage vortex spread over the casing near the pressure side. They also show 

a loss region associated with the shed vortex at the root of the vane. In the test 

performed in the Tier lab at a blowing ratio of 4, this shed vortex can be seen more 

clearly. 

 
Figure 77 - Pressure Coefficient Contour (BR=2) 

 
Lakshminarayana et al. [39] used Laser Doppler Velocimetry (LDV) to obtain high 

resolution aerodynamic measurements downstream of a guide vane in an axial flow 

turbine.  They showed the same vortex structure at the casing on the pressure side of 

the vane.  They attribute this to the tip leakage vortex which hugs the suction side of the 

vane. Test measurements show good periodicity in the flow field at this point and 

display that the highest total pressure or the region of highest energy is located in the 

passage and reduces monotonically toward the walls.  Another result of interest is that 

the pressure only varies by 0.03% showing that the flow is highly uniform in terms of 

total pressure. 
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Figure 78 - Pressure Coefficient Contour (BR=4) 

 

4.4 Pressure Loss across the Turbine Stage at Varying Blowing Ratios 

Additional testing was performed to observe total pressure losses across the 

turbine stage at various conditions. First a set of tests were run varying the blowing ratio 

to observe the effects of introducing the coolant flow at the outer casing. Total pressure 

measurements were taken one hydraulic diameter upstream of the nozzle guide vanes. 

These measurements were taken radially from the inner annulus to the outer annulus; 

and likewise, measurements were taken one hydraulic diameter downstream of the exit 

guide vanes.  In order to normalize the total pressure loss across the one and a half 

stages, the pressure difference from upstream to downstream of the section was 

normalized by the dynamic head of the exiting mainstream flow, accounting for the 

additional mass flow of coolant air, and represented by the pressure loss coefficient 

below, where 𝑃𝑜1 is the upstream total pressure and 𝑃𝑜2 is the downstream total 

pressure.  

𝐶𝑃 =
𝑃𝑜1−𝑃𝑜2

1

2
𝜌𝑉2

   [Eq. 63] 
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All of the measurements were taken at the prescribed scaled down design conditions 

described by the velocity triangles previously detailed in this report, and are compiled in 

Figure 79 below.. 

 
Figure 79 - Pressure Loss at Varying Blowing Ratios 

 
In turbine design, the introduction of additional coolant air results in a reduction in 

aerodynamic and thermal efficiency.  In the measured case described by the plot above, 

the normalized total pressure loss decreases as the coolant mass flux increases. This is 

due to the introduction of additional mass flow, which increases the total energy in the 

flow resulting in a decrease of total pressure loss.  

4.5 Pressure Loss across the Turbine Stage at Varying Rotor Speeds 

Another point of interest in the performance of the turbine test section was to 

characterize the losses at off design conditions with no coolant flow. Pressure 

measurements were taken similarly to the coolant flow analysis. Here, the rotational 

speed was varied from 55-655 RPM in steps of 100 RPM bracketing the design 

condition. The inlet velocity was held constant and the fan speed was adjusted to 

maintain constant inlet flow conditions for this analysis. The total pressure loss 
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coefficient is shown with respect to the rotor speed in Figure 80 and with respect to the 

measurement location in Figure 81.  

 
Figure 80 - Total Pressure Loss at Varying Rotor Speed 

 
The pressure loss analysis shows that the pressure loss across the stage 

increases as the rotor speed increases, peaks at 550 RPM, then begins to reduce at 

higher speeds. The turbine is designed to extract energy through expanding the flow 

and extracting shaft work through the rotor. 

 
Figure 81 - Total Pressure Loss at Varying Rotor Speed 
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 In order to help explain the phenomena shown above, the velocity triangles can 

offer insight into the bulk flow pattern through the test section.  Figures 82-88 show the 

velocity triangles consistent with the measured cases, while Figure 89 displays the total 

pressure loss coefficient plotted against the rotor incidence angle.  

 
Figure 82 - Rotor Speed 55 RPM 

 
Figure 83 - Rotor Speed 155 RPM 

 

 
Figure 84 - Rotor Speed 255 RPM 
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Figure 88 - Rotor Speed 655 RPM 

 

 
Figure 89 - Pressure Loss with Respect to Incidence Angle 

  The figure above shows the relationship between the incidence angle and the 

total pressure loss coefficient.  The results are at odds with findings by McVetta et al. 

[40] who studied the effects of incidence angle on total pressure loss across a turbine 

stage using a stationary cascade modified to vary the incidence angle. They found that 

as the incidence angle approaches the design angle, the losses are at a minimum, while 

as the incidence angle becomes highly positive, the losses increase. Welch et al. [41] 
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